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ABSTRACT
The Interstellar Boundary Explorer (IBEX) is a Small Explorers (SMEX) mission that will provide the first global
views of the Sun’s interstellar boundaries (see McComas et al.1,2,3). For a spacecraft in a low-Earth orbit, attempts to
study this region would be drowned out by the Earth’s magnetosphere, so developing these global images requires a
high-energy orbit that puts the spacecraft beyond the magnetosphere for the majority of the time. Scheduled to
launch in the fall of 2008, IBEX is the first Pegasus-class spacecraft to achieve such a high energy orbit, using an
innovative ascent profile that efficiently combines the performance of the Pegasus launch vehicle, an additional
solid rocket motor, and the spacecraft’s hydrazine propulsion system. The Pegasus launch vehicle will target a 200
km circular orbit, and 22 seconds after Pegasus separation IBEX will fire its own solid rocket motor to boost apogee.
A series of hydrazine burns then finishes the job, raising both apogee and perigee to a 7000 x 319,000 km altitude
orbit.
This paper begins with the initial daunting problem of finding the performance to reach a high enough orbit and
steps through a series of innovations that led to a final design that could reach such an orbit with performance to
spare. This ascent approach and mission orbit also present several unique challenges, such as the potential for solar
eclipses lasting longer than 10 hours and lunar orbit perturbations that can reduce the orbit perigee to below the
surface of the Earth. This paper discusses how those challenges were addressed, and also discusses how the IBEX
ascent approach could be applied to future high-apogee – or even Earth escape – missions.
near Earth. Due to the use of statistical extrapolation,
using this methodology to map the interaction between
the heliosphere and interstellar medium requires a
significant sample size. The spacecraft needs to look in
a given direction for several days before an accurate
extrapolation of the data can be developed.

INTRODUCTION: THE PROBLEM
The IBEX science payload counts Energetic Neutral
Atoms (ENAs) that come in from the interaction
between the heliosphere and the interstellar medium.
Figure 1 shows a conceptual picture of that interaction.
ENAs are generated when energetic ions, spiraling
about magnetic field lines, undergo charge exchange
with low energy neutral atoms drifting in from the
interstellar medium. The resulting ENAs, no longer tied
to the magnetic field lines, continue along in whatever
direction they were going at the time of charge
exchange. Statistically, a certain percentage of these
particles will happen to be headed in the direction of
Earth, so the actual number of ENAs produced can be
extrapolated from the number detected by a spacecraft
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Figure 2: IBEX Orbit Concept
As described previously, the mission apogee altitude
was required to be 25-50 RE. Perigee needs to be low
enough to be able to close an RF link and get the
science data down, but high enough to avoid the risk of
lunar perturbations to the orbit lowering perigee too far
and the risk of accumulating too high a radiation dose
from the inner radiation belt. An initial mission perigee
altitude of 7000 km was selected as a compromise
between these factors and the propellant needed to raise
up to that altitude.

Figure 1: Heliosphere Regions and Boundaries
To complicate things, ENAs from the Earth’s
magnetosphere are much more numerous than those
coming from the interstellar boundary, so if the
spacecraft is either within or looking in the direction of
the magnetosphere, the heliospheric ENAs will be
drops of water lost in an ocean of magnetospheric
ENAs.

Many features of the IBEX mission allow for a very
simple spacecraft design. Small data volumes – even
over an orbit that lasts several days – makes for a small
data recorder and low-power processors. The simple
Sun-pointing spinning architecture uses no reaction
wheels, relying on just thrusters for attitude control and
a small, light-weight suite of attitude sensors. That
architecture also allows for a single body-mounted solar
array and no deployables.

Thus, the IBEX mission, described by McComas et
al.1,2,3 requires that the spacecraft spend the majority of
its time above the magnetosphere, where it can obtain
the meaningful statistics needed. The science team
calculated an apogee altitude of 25 Earth radii (RE), or
approximately 153,000 km, as the minimum mission
requirement. But the science improves drastically as the
statistics increase, so the science goal is to maximize
the apogee altitude to as close to 50 RE (319,000 km) as
possible. 50 RE was selected as a practical upper limit
due to communications limitations.

Using the Pegasus launch vehicle was a key element to
meeting the SMEX cost cap.
THE INITIAL DESIGN CONCEPT

Figure 2 shows the basic mission concept. IBEX is a
Sun-pointed spinning spacecraft. The ENA cameras are
pointed out radially, so that they sweep out a swath of
the sky that is perpendicular to the spin axis. Every
orbit IBEX performs a maneuver to re-point the spin
axis to maintain the Sun pointing as the Sun moves
around the Earth by 0.9856 deg/day. By doing so, its
sensors sweep out a different swath of sky; over six
months, this results in a full-sky map.
Tyler

The initial design concept achieved the mission orbit
using the Pegasus to reach an injection orbit, a Solid
Rocket Motor (SRM) to raise apogee and reach a
parking orbit, and a hydrazine burn to raise perigee to
the mission orbit. Early studies showed that the best
combination of this performance was to launch into an
injection orbit that is as low as possible and let the
SRM do all of the apogee raising, rather than have the
2
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launch vehicle target a higher orbit. Eventually, a 200
km circular injection orbit was selected, as anything
lower than that was deemed risky. Numbers quoted in
the Pegasus Users’ Guide indicate that Pegasus can
carry about 457 kg to a 200 km circular, 11 degree
inclination orbit. Science requirements do not drive the
inclination; the 11 degree inclination was selected to
maximize the velocity input of the Earth’s rotation. The
Pegasus air launch capability enables the selection of
this low inclination orbit, although lower inclinations
were not feasible due to Pegasus flight path restrictions.

determine how to most efficiently spin up the
spacecraft: have the spacecraft spin itself up or have the
launch vehicle do it. If the spacecraft were going to spin
itself up, it would need to have additional hardware to
maintain attitude control during the spin-up; this
hardware would not be needed for the rest of the
mission and would add cost and mass to the system.
Therefore, the selected option was to have the Pegasus
3rd stage, after completion of its burn, point the
spacecraft in the right direction and then spin the
spacecraft up. Without adding new hardware to the
spacecraft, Pegasus can point the spacecraft in the right
direction for the SRM burn and spin the flight system
up to 60 rpm with adequate accuracy.

Raising apogee from a 200 km circular orbit to an
apogee from 25-50 RE requires between 3012 and 3115
m/s of delta-V. Assuming, for the sake of preliminary
sizing, a 290 second specific impulse (Isp) from the
SRM, out of the 457 kg that Pegasus can put in orbit, it
would take on the order of 300 kg of SRM propellant to
reach the required mission apogee. Perusing the catalog
of existing SRM models, ATK’s STAR 27 was the right
size to carry that quantity of propellant. The STAR 27
is a spinning motor; the mass and cost of adding a
thrust vector control system to the motor for use with 3axis stabilization is prohibitively high.

Having Pegasus perform the spin-up, however, opens
up a new problem. While Pegasus has spun up vehicles
in the past, it is not a spin balanced launch vehicle. This
isn’t a problem in terms of attitude control because
there is not enough time between spin-up and
separation for errors to accrue. But the high dynamic
imbalance of Pegasus affects the separation event.
The reason for this is how IBEX fits on the launch
vehicle. The SRM flange is around the bottom of the
SRM case, with the nozzle sticking down about 29”
below that flange. One initial concept was to put the
separation system and just a small adapter structure
between the flange and the Pegasus interface ring, with
the nozzle deeply embedded into the Pegasus avionics
ring (see Figure 3).

With a catalog dry mass of about 28 kg, boosting the
spacecraft apogee using a STAR 27 left 129 kg for the
IBEX spacecraft plus any separation systems.
Assuming an Isp of 220 seconds, an additional 10 kg of
hydrazine would be needed to raise the perigee altitude
to 7000 km. It is worth noting that the 10 kg value
assumes a 25 RE apogee altitude. With the slower
apogee velocity at 50 RE, the hydrazine required goes
down to 5.3 kg. Thus the fuel mass required to attain a
higher apogee altitude is at least somewhat offset by the
mass required to perform the perigee raise.
Unfortunately,
because
dispersions
in
SRM
performance could result in an apogee as high as 50 RE,
the hydrazine system needed to be sized for the worst
case perigee raising propellant of 10 kg.
The bottom line for this initial design was that mass
was very tight, especially for a mission in the initial
design phase, where a mass margin of at least 20% is
required. As the design went forward, minimizing mass
(without significantly increasing cost) was the key goal.
OPTIMIZING THE DESIGN
The following subsections describe the considerations
and improvements that went into the development from
the initial concept described above to the final concept
that will be implemented on orbit.
Spin-Up and Separations

Figure 3: Initial Concept for Nesting the Solid
Rocket Motor within the Pegasus Avionics

With an SRM that requires a 60 rpm spin rate to
maintain stability, one significant trade study was to
Tyler
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Upon separation IBEX and Pegasus would instantly
have different mass properties that resulted in different
motion. While IBEX is spin balanced, the Pegasus
avionics would immediately develop a significant
wobble due to its dynamic imbalance. Analysis showed
that this wobble is enough to cause the nozzle to almost
certainly contact the avionics ring on the way out. Such
a re-contact would likely damage the SRM nozzle and
result in a total mission failure.

separation, not only was the re-contact risk mitigated,
but a substantial mass savings was also realized.
SRM Burn and Orbit Raising Performance Analysis
There are several areas of uncertainty in the effective
performance of the SRM. The SRM itself has
uncertainty in terms of total impulse provided. The
SRM manufacturer, ATK, provided historical statistics
from its previous similar motors for variability in
specific impulse and accuracy in the process of
machining the SRM propellant to the desired weight. A
Monte Carlo analysis of these uncertainties shows a 3sigma delta-V uncertainty of about ±12 m/s. A
histogram using the current SRM propellant and flight
system mass is shown in Figure 5.

In order to separate cleanly from Pegasus, the nozzle
can only be slightly embedded into the Pegasus
avionics. Given this configuration, a much taller
adapter cone is required, which means adding
additional mass – mass that would still be present at the
time of the SRM burn, significantly reducing the deltaV provided by the SRM.
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Figure 5: Uncertainty in Actual SRM Performance
Another source of error is vehicle dynamics. This error
is a combination of the pointing error and nutation
growth that results from Pegasus pointing error, launch
vehicle separation, adapter cone separation, SRM burn
effects (such as coning and jet damping), and normal
nutation growth for a minor axis spinner (notably, with
onboard liquid propellant). Assessing these dynamic
errors was done with an end-to-end Monte Carlo
analysis performed jointly between the IBEX and
Pegasus programs.
The Pegasus program performed the analysis of the
errors in pointing, spin-up, and separation using their
standard Monte Carlo tools. The run-by-run output of
this simulation was the input into a simulation of the
coast and adapter cone separation, the output of which
was the input to a simulation of all of the dynamic
effects during the SRM burn.

Figure 4: The IBEX Flight System
Using the numbers above with an assumed 15 kg
adapter cone, the required SRM propellant mass is
reduced by about 10 kg by adding the efficiency of not
carrying the adapter cone dead weight for the SRM
burn. This mass savings easily outweighs the additional
mass of the third separation system (about 6 kg). The
additional cost of the third separation system was
acceptable as a trade-off for the mass savings, including
the slight increase in analysis required to verify clean
separation for an additional separation system.

The dynamics of the vehicle as a minor axis spinner
with onboard liquid propellant, during coast and during
the SRM burn, was analyzed with the assistance of Dr.
Carl Hubert of Hubert Astronautics, based on his work
documented in Behavior of Spinning Space Vehicles
with Onboard Liquids (August 2003).4 The analysis
also included modeled dispersions on SRM
misalignment, post-burn SRM propellant slag retention,
static and dynamic imbalance of the IBEX flight

Using this new configuration, Monte Carlo separation
analyses show that all three separation events will have
clearance of more than an inch. So by adding the third
Tyler

Mean: 2988.1 m/s
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3 high: 2999.8 m/s
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The not-necessarily-intuitive solution to this was to add
a third separation system (beyond the launch vehicle
separation and the SRM separation systems). This third
system would be at the interface between the SRM
flange and the adapter cone. Because, unlike Pegasus,
the adapter cone would be spin balanced, it could
separate cleanly from an embedded nozzle without recontact on the way out. Figure 4 shows the IBEX flight
system with its three separations systems, motorized
lightbands (MLB) provided by Planetary Systems
Corporation.
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system, separation system parameters such as spring
constants, and the phase within the nutation period
when the SRM burn begins.

Counts (out of 3000)

300

The final result of this end-to-end analysis was a single
efficiency parameter, edyn, the percentage of the total
impulse that was in the desired pointing direction (the
velocity vector at perigee). The values for this
parameter range from 0.9933 to 0.9999. Unlike the
uncertainty in SRM performance, this effect can only
serve to reduce delta-V.
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The resultant parking orbit apogee radius (raPO) can then
be calculated given the actual radius (ro) and velocity
(Vo) at insertion (by “insertion”, this means the
injection orbit altitude and velocity extrapolated to a
point about halfway through the SRM burn):

(1)

where VSRM is the nominal SRM delta-V and VSRM is
the error in the SRM performance.

r

This “effective” SRM delta-V (Figure 6) shows a
reduction of 3 to 8 m/s from the actual SRM delta-V
(from

aPO

350

=

−µ
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µ
−
2
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− ro

Where
is the gravitational constant for Earth. The
radius and velocity at insertion come from the Pegasus
6DOF Monte Carlo simulation for the launch.

Mean: 2988.1 m/s
3 low: 2976.4 m/s
3 high: 2999.8 m/s
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The process for the full end-to-end Monte Carlo
analysis is summarized in Figure 7. Tasks marked
“SSG” were performed by the IBEX spacecraft
program, while tasks marked “LSG” were performed by
the Pegasus launch vehicle program.
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Figure 6: Histogram of Effective SRM Delta-V
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The “effective” delta-V, the portion of the actual SRM
performance that is in the proper direction to provide
orbit raising, can then be calculated as:
Veff = edyn * ( VSRM – VSRM)

250

Actual SRM Delta-V (m/s)

The initial analysis used a nominal Pegasus trajectory to
a 200 km circular orbit. Based on standard uncertainties
in Pegasus performance, it was estimated that there is a

Figure 5).

Figure 7: Overall Process for Monte Carlo Analysis of Achieved Post-SRM Parking Orbit
Tyler
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hydrazine can be either used or not used, depending on
need. So additional Pegasus performance does not need
to be scrubbed off; it can be used and accounted for by
not using as much hydrazine for orbit raising. This
additional energy can be used to maximize the apogee
altitude achieved.

±19 m/s uncertainty on the velocity associated with a
200 km circular orbit. For the sake of the initial
analysis, this uncertainty was added to the uncertainty
of ±12 m/s in actual SRM delta-V and the 3-8 m/s
reduction in effective delta-V. The result was that the
velocity of the post-SRM parking orbit would be +28/39 m/s.

Implementing this plan, the Pegasus ascent approach
was altered to target a 200 km circular orbit, but not
make any effort to scrub off excess energy. The result
manifests itself primarily in the apogee altitude.
Pegasus will still achieve 200 km fairly accurately, but
the velocity at that point will be significantly higher
than that of a circular orbit (a 200 km circular orbit has
a 7784 m/s velocity). So the 3-sigma low case would
still be around 7784 m/s, but the 3-sigma high insertion
velocity would be on the order of 7915 m/s, with a
mean of around 7850 m/s. An example of this
performance is shown in Figure 8, which shows the
insertion points for 3000 Monte Carlo runs.

Targeting a 3-sigma high apogee altitude of 50 RE
given an initial 200 km circular orbit, which requires
about 3115 m/s of delta-V. A mean delta-V case would
be 28 m/s less than this, which would result in a 39.5
RE apogee altitude. The low case would be another 39
m/s less than this, resulting in a 30.4 RE apogee altitude.
The good news in these results is that they all fall
within the 25-50 RE apogee altitude requirement. The
bad news is that the mean apogee altitude is 10.5 RE
below the goal.
Using All of the Energy
The analysis described above assumed that Pegasus
would perform energy scrubbing to limit the
uncertainties in the injection orbit. This appeared to be
necessary because the uncertainty in the mission orbit
was already pushing the limits of the allowable apogee
altitude range. However, it was wasteful to intentionally
burn off rocket propellant rather than squeeze out every
last bit of performance.
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A major step forward in the design was to put some of
the responsibility for apogee raising on the hydrazine
propulsion system (HPS). While the SRM has a
significantly higher specific impulse than the HPS, the
HPS has the advantage of not having to carry the dry
mass of the SRM when it fires. It turns out that these
two factors essentially cancel each other out.
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Figure 8: Example of Launch Vehicle Insertion
Performance without Energy Scrubbing
The spacecraft has 26.3 kg of onboard hydrazine, 7.2 kg
of which is needed for attitude control and other
maintenance maneuvers (see later discussion)
throughout the mission. The remaining 19.1 kg is
available for all HPS orbit raising maneuvers, which are
all budgeted with a 10% margin to account for
uncertainties in the HPS performance.

Using the HPS for a portion of orbit raising has two
additional benefits. First, hydrazine can be budgeted for
the combined apogee and perigee raising and, as the
apogee altitude goes up, the propellant for perigee
raising goes down. Thus, it is not necessary to budget as
much propellant for the perigee raise to 7000 km.
Previously, this was budgeted assuming the minimum
apogee altitude, but, with this change, if the minimum
apogee altitude is achieved then a lesser quantity of
hydrazine was used for apogee raising to make up for
the higher quantity hydrazine used for perigee raising.

The new ascent profile, shown in Figure 9, is for the
SRM burn to put the spacecraft somewhere from 10-50
RE apogee altitude. A quick apogee burn is used to raise
perigee to a safer altitude around 500 km. Following
that, a series of up to three perigee burns raise apogee
up to 50 RE in steps. Finally, another apogee burn is
performed to raise perigee to 7000 km. Thus, the
propellant needed to raise perigee from 500 to 7000 km
is a function of how high an apogee was achieved by
the series of perigee burns.

The second benefit is that IBEX no longer needs to
waste Pegasus performance. Unlike SRM propellant,
which is used all at once whether wanted or not,

Tyler
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Figure 9: IBEX Ascent Profile with SRM and Hydrazine Orbit Raising Burns
from values that equate to a range from 15 to 50 RE
apogee altitude. Within that range, the maximum
achievable apogee is the highest value of raMO where the
total orbit raising propellant, Mppr1 + MpAR + Mppr2, is
less than the total amount of hydrazine that is available
for orbit raising (19.1 kg in this example).

The delta-V (in m/s) and required propellant mass (in
kg) for the first perigee raise, from 200 km to 500 km,
is calculated as:
∆Vppr1 = 892861.13

Mppr1 = Mo 1- e

1

1

1

1

raPO

ro + raPO

raPO

r1 + raPO

-(∆V ppr1/Isp g)

Table 1 uses this approach, with typical numbers from
an earlier point in the IBEX program, to show how,
while hydrazine is a constant, the SRM propellant mass
can be selected to reach 50 RE. Moving to this approach
instantly made it possible for every single one out of
3000 Monte Carlo runs to reach (but not exceed) 50 RE
apogee altitude, without sacrificing precious mass
margin in achieving that improvement. In the case of
the numbers in play at the point in the program where
these results were generated, an SRM propellant mass
of 286 to 294 kg results in a 3-sigma probability of
reaching but not exceeding 50 RE. (Exceeding 50 RE
means that raPO from equation 2 is above 50 RE.)

,

where r1 is the perigee radius (in km) following the
burn (500 + 6378 = 6878 km) and M0 is the initial
spacecraft mass following SRM separation. Note that
the 10% delta-V margin must be added to the result of
equation 3 before using that value in equation 4.
The delta-V (not including 10% margin) and hydrazine
propellant required for apogee raising up to a given
mission orbit apogee radius, raMO, is:
∆VAR = 892861.13

1

1

1

1

r1

r1 + raMO

r1

r1 + raPO

The Final Numbers
MpAR

(M
-M
MpDM
-(∆V AR/Ispg)
=o (M
- M-ppr1
- )
o pp1
=
1- e
,
0.957

Note that if IBEX were to come in lighter than the mass
used in these calculations, Pegasus performance would
increase, leading to a concern about exceeding 50 RE
apogee altitude on the SRM burn alone and possibly
even reaching escape velocity. So as launch
approaches, and IBEX has used a tight mass control
policy to maintain an 11% mass margin following
completion of integration and test, it was necessary to
come together on a final vehicle mass, as well as a final
mass distribution between the different system elements
(to determine what the mass is at the time of the SRM
or HPS burns, given all separated components). In the
end, it turned out that mass margin was no longer a
precious commodity, but a plague to be eliminated.

Then, the delta-V (again, not including 10% margin)
and hydrazine propellant for raising perigee from that
mission orbit apogee radius raMO is:
∆Vppr2 = 892861.13

1

1

1

1

raMO

r1 + raMO

raMO

r2 + raMO

Mppr2 = (Mo - Mppr1 - MpAR ) 1- e

-(∆Vppr2/Ispg)

,

where r2 is the new perigee radius, nominally 7000 +
6378 = 13,378 km. Equations 5-8 are used repeatedly
for each Monte Carlo run by specifying a varying raMO
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Table 1: Example of Monte Carlo Results Varying with SRM Propellant Mass
(Percentage of 300 Monte Carlo Runs Reaching the Specified Orbit)
%
<25 RE

%
25-30 RE

%
30-35 RE

%
35-40 RE

%
40-45 RE

%
45-50 RE

%
50 RE

%
>50 RE

75.5%
46.7%
20.1%
5.5%
0.3%
0.2%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%

13.5%
16.9%
14.6%
7.5%
1.8%
0.1%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%

5.5%
9.1%
8.0%
5.8%
2.0%
0.2%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%

1.9%
6.2%
7.5%
5.4%
2.3%
0.3%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%

1.1%
4.7%
6.2%
5.1%
1.7%
0.5%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%

0.8%
2.3%
4.0%
3.0%
1.5%
0.5%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%

3.6%
14.1%
39.6%
67.8%
90.3%
98.2%
99.9%
100.0%
99.9%
98.9%
96.5%
86.5%
63.1%
35.1%
11.6%

0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.0%
0.1%
1.1%
3.5%
13.5%
36.9%
64.9%
88.4%

As configured for flight, IBEX has excess mass margin,
with actual mass well below what has been used in
calculations. To account for this, the SRM propellant
was actually reduced to provide less delta-V. This also
reduced the mass at the time of the Pegasus motor
burns, but Pegasus could accommodate this by altering
their trajectory and even adding some energy scrubbing
back in, if needed. Pegasus has agreed to carry a flight
system mass of 446.3 kg to the injection orbit,
providing a mean of 7832 m/s injection velocity, with a
minimum of 7814 m/s and a maximum of 7852 m/s.
Perigee altitude ranges from 201 to 221 km.
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Figure 10: Parking Orbit Apogee Altitude Using
Current, As-Built Numbers

The final spacecraft wet mass is 105.5 kg, 26.3 kg of
which is hydrazine. The SRM dry mass is 44.3 kg, and
the mass of the adapter cone plus the portion of the
separation system that remains with Pegasus is 25.1 kg.
The remaining 271.4 kg of flight system mass is SRM
propellant.

If the post-SRM parking orbit apogee altitude is the 3sigma low of 25.3 RE then, with a 105.5 kg spacecraft
wet mass, a 233 second HPS Isp, and 10% delta-V
margin it takes 0.46 kg of propellant to perform the
initial apogee maneuver to raise perigee to 500 km.
This leaves 18.64 kg of propellant for raising apogee to
50 RE and then perigee to 7000 km.

Given the final nominal SRM specific impulse of 294.3
seconds, the range of actual Pegasus performance, and
the performance uncertainties described earlier, the
apogee altitude following the SRM burn is 25.3 to 32.2
RE, as shown in Figure 10.

Tyler
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Now at 105.04 kg, the delta-V to increase from 25.3 to
50 RE is 109.9 m/s (including the 10% margin). This
requires 5.15 kg of hydrazine. Finally, now at 99.89 kg,
it takes 4.12 kg of propellant to add the 96.3 m/s of
delta-V (including 10% margin) required to raise
perigee to 7000 km. So the total orbit raising propellant
required is 9.7 kg, leaving 9.4 kg of propellant unused
in even the 3-sigma low post-SRM parking orbit case.
Thus, the analysis shows that 100% of the Monte Carlo
runs successfully reach, but do not exceed, the 50 RE
apogee altitude goal.
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as high as 70 deg. This mission has no requirement on
inclination, so this is more of a feature of the orbit than
a significant concern (In fact, the science actually
benefits from the variation in inclination, which allows
IBEX to view some directions that would otherwise be
impossible to look in). Perigee altitude ranges from
about 2000 to 25,000 km. The perturbations shown in
Figure 11 are actually fairly mild relative to some other
potential orbits (meaning, the same orbit parameters,
but phased differently with the moon). In many cases,
the minimum perigee altitude will fall below zero,
meaning the spacecraft crashes ignominiously into the
Earth. In some cases, there’s even a large enough lunar
perturbation to, quite by accident, give a swingby that
propels the spacecraft to Earth escape.

OTHER CHALLENGES
Optimizing the ascent profile was a significant portion
of the mission design effort, but the unique nature of
the IBEX orbit also presents some other challenges that
needed to be addressed.
The Moon Problem
On many deep space missions, the moon is a key piece
of the mission design, used for swingbys to get free
delta-V. But most missions don’t stay in cis-lunar space
for extended durations like IBEX does. Over the course
of the IBEX mission, the moon will significantly
modify the orbit, in ways both beneficial and
detrimental, and it can be a challenge to find an optimal
initial orbit phasing relative to the moon that does not
result in significant problems down the road.

In addition to the obvious constraints of don’t crash and
don’t escape, it is a requirement that perigee stay above
2000 km (as opposed to 0 km), given uncertainties in
orbit knowledge. In general, what is desirable is to keep
perigee between 10,000 and 25,000 km as much of the
time as possible, and the orbit in Figure 11 does

Figure 11 shows the effect of lunar perturbations on a
typical orbit history (other perturbation sources,
including solar, are also included, but lunar effects
dominate). Inclination, which started at 11 deg, goes up
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Figure 11: Typical Impact of Lunar Orbit Perturbations during the IBEX Mission
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reasonably well at achieving this goal. Staying above
10,000 km keeps the spacecraft away from the inner
radiation belt, reducing the total radiation dose (which,
while not discussed in this paper, is not insignificant for
this mission, and could become an important factor in
limiting how long an extended mission IBEX might be
able to perform). Staying below 25,000 km gives more
time at lower altitudes, where a high data rate downlink
can be closed.

The shorter eclipses are generally less than an hour.
Because they occur close to the Earth, where the
diameter of the Earth’s shadow is large compared to the
between-track spacing of successive orbits, they occur
over a large swath of beta angles centered around zero,
so the seasons of short eclipses can last several months.
The season of longer eclipses occurs at a much higher
point in the orbit, where successive orbit tracks are far
apart compared to the diameter of the Earth’s shadow
(Figure 12(b)), so this season is quite short, just a single
orbit at 50 RE. But because the spacecraft is moving
very slowly at this point in the orbit these eclipses can
be very long, potentially ten or more hours. These
eclipses become mission drivers in terms of battery
sizing and thermal design, even though they would
happen in only a few orbits over the entire mission.

Lunar perturbations are best managed by selecting an
initial orbit phasing that results in a good orbit profile
over the course of the mission. The phasing can be
selected by sizing the orbit raising burns. With three
perigee burns planned for raising apogee, the durations
of each of these burns can be selected such that the total
delta-V still reaches 50 RE, but the distribution of that
delta-V between the three burns gives intermediate
orbit periods that phase the time of perigee to the most
desirable value.

An ideal apogee location would be as shown in
Figure 13. In this case, there would be two eclipse
seasons, lasting a couple months each, that would both
include eclipses of moderate (<2 hours) length, because
the spacecraft is still moving quite fast at that point.

The Long Eclipse Problem
There are two eclipse seasons per year for the IBEX
mission. These seasons are centered around the times
when the Sun is in the orbit plane (i.e., the beta angle –
which is the angle between the orbit plane and the
ecliptic – equals zero). The length of the eclipses
depends on the orientation of the orbit relative to the
Earth-Sun line.
One possibility is shown in Figure 12. If the location of
apogee is as shown in Figure 12(a) at the beta angle
zero crossings, there will be one season of short
eclipses (left) as the spacecraft speeds around perigee
and one season of long eclipses (right) as the spacecraft
moves very slowly near apogee.

(a) Shadow Configuration

(b) Eclipse Pattern

Orbit 1

Orbit 1

Orbit 2
Orbit 3

Orbit 2

Orbit 4
Orbit 5

Orbit 3

Orbit 6

Figure 12: Long Eclipses at 0 and 180 deg True
Anomaly

Tyler

Figure 13: Long Eclipses at 90 and 270 deg True
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Eclipse seasons such as this would drive the design
much less. However, given the lunar and solar orbit
perturbations that result in rapidly changing orbit
inclination, it is not possible to maintain that ideal orbit
orientation, as the beta angle does not end up crossing
zero in regular, 6-month spans. This, in addition to orbit
precession, makes it impossible to maintain any orbit
orientation relative to the Earth-Sun vector. Even if the
orbit apogee were set in the ideal configuration shown
previously, by the second year the eclipses would be
centered around another point in time, possibly a couple
month away from when the eclipses were centered the
first year. Thus, the eclipses would occur at a different,
less favorable, point in the orbit.

to traverse. Therefore, these eclipses can be just as long
as (or longer than) those that occur right at apogee
(from Figure 12).
Like avoiding detrimental lunar perturbations, long
eclipses can be mitigated by selecting the desired orbit
phasing when performing orbit raising burns. The
ability to avoid these eclipses is dependent on two
things: where in the orbit (at what true anomaly) the
Earth’s shadow falls, and what is the rate of change of
the beta angle at this time.
In most cases, the eclipse can be “straddled” by
adjusting the phasing such that at the precise moment
that the beta angle equals zero the spacecraft is half of
an orbit away from the location of the Earth’s shadow
on the orbit. Such a successful “straddling” of the
eclipse, which would result in avoiding the eclipse
altogether, is illustrated in Figure 15.

The inevitable resulting eclipse profile would be
something like the one shown in Figure 14. In this
configuration, the eclipse season shown on the left is a
series of short eclipses as the spacecraft is moving
quickly around perigee. The eclipse season shown on
the right will have longer eclipses, as the spacecraft is
moving slowly and the Earth’s shadow covers a long
segment of the orbit.

(a) Eclipse NOT Straddled

Orbit 1

(a) Shadow Configuration

Orbit 2

Orbit 3
(b) Eclipse Straddled

Orbit 1
(b) Eclipse Pattern

Orbit 2

Orbit 1
Orbit 2

Orbit 3
Orbit 3
Figure 14: Intermediate True Anomaly Long
Eclipses

Figure 15: Straddling Eclipses, Smaller Earth
In certain configurations, however, the Earth is larger
and the beta angle may not be changing fast enough,
making fully avoiding eclipses impossible. Lunar
perturbations can add to this effect, potentially retarding
the normal rate of change of the beta angle (lunar
perturbations can also potentially have the opposite
effect, helping to get the spacecraft out of the way of
the eclipse faster by increasing the rate of change of the

Because the Earth is bigger than in the case in Figure
12, the long eclipse season may last for more than a
single orbit, maybe 2-3 orbits. And even though the
spacecraft is moving faster at this point in the orbit, it is
still moving fairly slowly, the Earth’s shadow is larger,
and the path the orbit takes through the Earth’s shadow
is diagonal, leading to an even longer shadow distance
Tyler
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beta angle). An example of an eclipse that can’t be fully
avoided is shown in Figure 16.

maintenance maneuvers during the nominal operations
phase of the mission.

(a) Eclipse NOT Straddled

The primary means of performing such a maneuver is
by accumulated period adjustment. By performing a
small delta-V maneuver to tweak the orbit period, there
would be a small change in period, P. Over the course
of several orbits, these P would be cumulative. So the
idea is for the sum of the cumulative P to re-phase the
orbit to avoid long eclipses or excessive lunar
perturbations. Such maneuvers only require a very
small delta-V.

Orbit 1
Orbit 2
Orbit 3

A review of typical orbit histories in terms of lunar
perturbations and eclipses indicates that the approach
outlined above is almost certainly adequate to mitigate
lunar effects and eclipses. However, if necessary, there
is one more maintenance maneuver, a brute force
option: a plane change maneuver.

(b) Eclipse Straddled

Orbit 1

Plane changes require much more propellant than inplane maneuvers, but they can have a more significant
effect. For eclipse straddling, a plane change maneuver
can have the effect of increasing the rate of change of
the beta angle, quickly getting the shadow of the Earth
out of the orbit plane. For lunar avoidance, a plane
change maneuver can get the spacecraft orbit plane
away from the moon’s orbit plane, increasing the
distance from the moon and thereby reducing the
moon’s gravitational effect on the spacecraft.

Orbit 2
Orbit 3
Figure 16: Straddling Eclipses, Larger Earth
The example in Figure 16(a) shows three consecutive
orbits, with the Sun passing directly behind the center
of the Earth during the second orbit. This corresponds
to being in the Earth’s shadow at the exact moment
when beta equals zero. In the example in Figure 16(b),
the spacecraft passes into the Earth’s shadow a few
days before (orbit 1) and a few days after (orbit 2) beta
equals zero. The result is two long eclipses that each
have shorter durations due to the Sun passing behind
the top or bottom of the Earth, instead of the middle.

The higher propellant price tag for plane change
maneuvers is mitigated slightly by the fact that the orbit
is so slow at apogee that the delta-V is not too high.
Two plane changes – which is two more than will likely
be necessary – are budgeted in the non-orbit-raising
portion of the hydrazine budget described previously.
So while both types of maintenance maneuvers –
accumulated period adjustment and, especially, plane
change – may very well never be necessary given good
initial orbit phasing, both maneuver types are available
and budgeted for.

It is only in rare situations, particularly when the
Earth’s shadow falls at a true anomaly of 150 to 160
deg, that straddling eclipses can become difficult.
Lower than that true anomaly, eclipses don’t last long
enough to be a significant design driver. Above that
true anomaly, the rate of change of the beta angle does
not need to be as high in order to straddle (and, often,
completely avoid) the eclipse.

THE RESULTANT MISSION DESIGN
At the time this paper was written, IBEX was scheduled
to launch on September 13, 2008. Since then, launch
vehicle issues have caused it to be delayed until no
earlier than October 5, 2008, with no firm launch date
provided at the time of this submission. However, for
the purposes of showing how the IBEX mission design
is tuned for a specific launch date, this section will
continue to describe how the orbit was designed for the
September 13 date. The methodology described herein
is applicable to any launch date, and is currently being
used in the process of selecting the new launch window
for IBEX.

Maintenance Maneuvers
While the plan is to select the orbit phasing while
performing the initial perigee HPS maneuvers in order
to avoid excessive lunar perturbations or long eclipses,
those maneuvers are only as accurate as the estimates of
thruster performance and spacecraft orbit and position.
A small phasing error at the beginning of the mission
could propagate into a large one a year later. Therefore,
the IBEX team developed a plan to perform orbit
Tyler
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argument of perigee are in different planes, with RAAN
being in an Earth-equatorial plane and argument of
perigee being in the orbit plane. But because the
inclination of the orbit (the angle between these two
planes) is small at the time of launch, this difference
can be ignored and, for simplicity, the longitude of
perigee can be calculated by simple addition of the
RAAN and argument of perigee angles.

Launch Parameters
As described previously, the target launch vehicle
injection orbit is 200 km circular. But the actual
allowable Pegasus injection orbit is determined by
choosing injection radius and velocity values and using
them in the Monte Carlo analysis described above. The
locus of points wherein there is a 99.7% chance that the
achieved mission orbit apogee altitude following all
HPS orbit raising burns will be between 40-50 RE is the
allowable Pegasus injection orbit range (note that since
the initial design phase, the minimum initial mission
orbit apogee altitude was increased from 25 to 40 RE).
In practice, this turns out to be an orbit where injection
perigee and apogee altitude range from approximately
190 to 220 km and 200 to 800 km, respectively.

The direction of the interstellar flow is also close
enough to being coplanar with the RAAN and argument
of perigee that it can be considered coplanar for the
sake of planning. In the Earth-Centered Inertial (ECI)
coordinate frame, a longitude of perigee of 254 deg
corresponds to the apogee vector being in the direction
of the interstellar flow. The requirement is written such
that the longitude of perigee cannot be within 60 deg of
this, so the longitude of perigee cannot be from 194 to
314 deg. Placing apogee at the nose of the heliosphere
(74 deg longitude of perigee) is a goal but not a
requirement.

The launch inclination is 11 deg. IBEX is not sensitive
to the orbit inclination (which, as described previously,
will end up changing radically throughout the mission
anyway), so the selection of 11 deg is just for
simplicity. 11 deg is the lowest inclination attainable
out of Kwajalein due to island over-flight restrictions
that would kick in at lower latitudes.

The desired RAAN, des, that orients the orbit such that
the Sun vector is directly normal to the top-mounted
solar array for the SRM burn is calculated as:

The argument of perigee of the launch vehicle injection
orbit is irrelevant because when the SRM fires, that
point essentially becomes the perigee of the post-SRM
parking orbit even if the SRM burn did not occur at the
perigee of the launch vehicle injection orbit. The
argument of perigee of the post-SRM parking orbit is
101.8 deg. It is not a variable because it is set by the
unique launch trajectory required to hit the 11 deg
inclination while avoiding restricted island over-flight
zones.

(9)

Where is the argument of perigee (101.8 deg) and n is
the number of days past September 21. As a spinner,
the spacecraft attitude at the time of the SRM burn will
remain fixed in inertial space, so launching with a
RAAN of des would keep the spacecraft at full power
for the near future. As the Earth revolves around the
Sun, the direction to the Sun changes by 360/365.24 =
0.9856 deg/day.
ω

The selection of the Right Ascension of the Ascending
Node (RAAN, or ) for the injection orbit (for the case
of RAAN, the value does not change between the
injection orbit and post-SRM parking orbit) is driven by
three unrelated requirements. The first requirement is
science-based: the direction of apogee needs to be kept
away from the direction of the interstellar flow in order
to have good viewing of the nose of the heliosphere.
The second requirement is more practical: the direction
the spacecraft is pointing for the SRM burn must keep
the top-mounted solar array in view of the Sun, keeping
the spacecraft power-positive.

IBEX maintains its initial attitude throughout all of the
hydrazine burns in the orbit raising phase. With one
thruster mounted pointing forward on the top deck and
one pointing aft on the bottom deck, the attitude for the
SRM burn is the same attitude needed for the hydrazine
burns, with forward or aft thruster selected based on
whether it is a maneuver to raise perigee or apogee.
Therefore, if it takes a month to complete orbit raising
then if the initial RAAN is des, while the initial solar
offset will be zero, the solar offset by the end of that
month will be around 30 deg.

These first two requirements set the location of apogee
in inertial space. RAAN is the angle from the vernal
equinox direction in inertial space to the ascending
node of the orbit. Argument of perigee is the angle from
the ascending node of the orbit to the direction of
perigee. So the sum of the RAAN and argument of
perigee, called the “longitude of perigee” ( ) defines
the orientation of the orbit in inertial space. RAAN and

The allowable range of RAAN for any launch date is
the range around des where there is adequate power on
the solar array for a full month of orbit raising. Power
system analysis shows that the solar array can provide
adequate power (with acceptable power margin) for the
orbit raising phase if the Sun angle is 55 deg or less.
The total uncertainties in the launch RAAN and flight
system pointing vector provided by Pegasus is 7 deg, so

П
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the effective Sun angle constraint is 48 deg. If the
actual RAAN, act, is greater than des then the Sun
angle will initially be decreasing, so any RAAN that is
greater than des by 48 deg or less will keep the Sun on
the solar array throughout orbit raising. However, if act
< des then the Sun is moving off of the solar array. In
this case, in order to maintain adequate power
throughout the orbit raising phase, act can be no more
than 18 deg less than des. Thus, des can be anywhere
in the range of des +48/-18 deg.

the spacecraft must maintain an altitude of at least 150
km for 15 days after launch without any ground
intervention.
This requirement is verified using a script running
Satellite Toolkit that, for any given launch date, looks
at a full range of apogee altitudes (80,000 to 320,000
km) and RAAN ( des +48/-18 deg, so long as it does
not put the longitude of perigee between 194 and 314
deg) and flags that launch date / RAAN combination as
unallowable if the runs at any of the apogee altitudes
results in altitude falling below 150 deg at any time
within the first 15 days.

Figure 17 summarizes the geometry in the selection of
this actual launch RAAN.

Table 2 shows the result of this study for the month of
September. The study clearly shows two separate
launch opportunities, which is a pattern that essentially
repeats every lunar cycle.

Sept. 21

Range of allowable
apogee directions

48
Direction of
Vernal Equinox

48

Nov. 1

18

18

Magnetosphere
48

Table 2: Viable IBEX Launch Opportunities in
September, 2008

18

Dec. 21

June 21

Sun
Apogee in heliotail
direction - not allowed
18

Direction of
interstellar flow
Apogee shall not
be within 60 of
this direction

48

18
48

Date

Allowable?

Viable RAAN Range

9/1/08

No

N/A

9/2/08

No

N/A

9/3/08

No

N/A

9/4/08

No

N/A

9/5/08

No

N/A

9/6/08

Yes

332.2 deg (П = 74 deg)

9/7/08

Yes

332.2 deg

Mar. 20

9/8/08

Yes

>338 deg (24 deg max)

Figure 17: Orbit Orientation Selection as a
Function of Launch Date

9/9/08

Yes

>342 deg (25 deg max)

9/10/08

Yes

>350 deg (26 deg max)

9/11/08

Yes

>358 deg (27 deg max)

9/12/08

Yes

>6 deg (28 deg max)

9/13/08

Yes

>14 deg (29 deg max)

9/14/08

Yes

>22 deg (30 deg max)

9/15/08

Yes

30 deg only

9/16/08

No

N/A

9/17/08

No

N/A

9/18/08

No

N/A

9/19/08

No

N/A

9/20/08

Yes

15-36 deg

9/21/08

Yes

15-37 deg

9/22/08

Yes

15-38 deg

9/23/08

Yes

15-39 deg

9/24/08

Yes

30-40 deg

9/25/08

No

N/A

9/26/08

No

N/A

9/27/08

No

N/A

9/28/08

No

N/A

9/29/08

No

N/A

9/30/08

No

N/A

So for the IBEX launch date of September 13, 357 days
after the previous September 21, using equation 9, the
desired RAAN, des = 0.9856 * (357) + 90 - 101.8 =
340 deg. Thus, the allowable RAAN for September 13
is 322 to 388 deg (or, -38 to 28 deg).
Given the 74 deg longitude of perigee goal, for the sake
of science the preferred RAAN would be the one within
that range where the longitude of perigee is closest to
74 deg. By adding the argument of perigee to the
allowable range of RAAN, the allowable range of
longitude of perigee range is 63.8 to 129.8 deg.
Therefore, a 74 deg longitude of perigee can be hit
exactly within this range (RAAN = 332.2 deg).
But there is one more requirement that limits the launch
RAAN. If the Mission Operations Center (MOC) is not
able to immediately locate the IBEX spacecraft and
command the first apogee raise maneuver then lunar
orbit perturbations could cause the spacecraft (which
has a very low perigee) to crash into the Earth before
the MOC has a chance to do anything about it. IBEX
addresses this scenario with a requirement that says that
Tyler
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on centripetal acceleration to keep propellant over the
outboard tank outlet ports. Simple calculations show
that a 22 rpm spin rate is needed to keep the
acceleration vector and the tank outlet within 5 deg of
the outlet port, which guarantees that propellant will be
available for the hydrazine burn.

The first launch opportunity is longer (10 days vs. 5
days) and represents a respite from the part of the lunar
cycle where the moon would knock perigee down
during the first orbit following the SRM burn. Just prior
to the beginning of the first launch opportunity the
moon causes crashes for cases at lower apogee altitudes
(which reach apogee within a couple days of launch).
Just following the end of the first launch opportunity
the moon causes crashes at the high end of apogee
altitudes (which take 4 days to reach apogee).
Generally, during this first launch opportunity, the
moon serves to increase perigee altitude.

The first burn to raise perigee slightly can then be
performed as soon as the first apogee. For the
subsequent apogee and perigee raising burns, as
described previously, burn plans will be developed in
order to reach a target mission orbit that is better phased
for the sake of avoiding long eclipses and excessive
lunar orbit perturbations. Each burn serves as a
calibration for the next, and after each burn the
trajectory will be re-assessed and, given errors in burn
performance, the maneuver plan will be updated as
needed to put the spacecraft back on track to reach the
targeted mission orbit.

The second launch opportunity represents a respite
from the part of the lunar cycle where the moon causes
crashes during the second (or later) orbit. As with the
first launch opportunity, just prior to the second launch
opportunity the moon causes crashes at lower apogee
altitudes and just after the launch opportunity the moon
causes crashes at higher apogee altitudes. Unlike the
first launch opportunity, during the second launch
opportunity the moon tends to still decrease perigee (at
least during the first orbit), but not by enough to push
perigee below 150 km.

The Nominal Mission
It is only after completion of the orbit raising burns that
the spacecraft spins down to its mission spin rate of 4
rpm. This spin rate is high enough to keep propellant
over the outlet port in the absence of delta-V thruster
firing, provides adequate attitude stability in IBEX’s
high-altitude orbit where disturbance torques are small,
and is low enough to allow attitude maneuvers to be
performed at minimal propellant cost. Additionally, the
star tracker that IBEX uses to meet its pointing
requirements for science can operate at 4 rpm but not
much higher.

For a possible launch in October, the launch
opportunities would be 10/5 to 10/14 and 10/19 to
10/22. Of course, as launch slips the longitude of
perigee also slips farther and farther from the 74 deg
goal. Through the winter season, the longitude of
perigee slips into the disallowed 194 to 314 deg range,
so a failure to launch during the autumn season could
well mean a further slip until spring, where, once again,
the two launch opportunities each month would reemerge.

Attitude maneuvers are designed to re-point the
spacecraft spin vector to a different direction, so the
lower spin rate is needed to keep the spacecraft’s
angular momentum low enough that small hydrazine
thrusters can overcome that angular momentum. The
thrusters are the only form of active attitude control that
IBEX uses. Figure 18 shows how the thrusters are
configured on IBEX. The thrusters on the top and
bottom are 22N thrusters used to perform the delta-V
orbit raising burns. The other four thrusters, two on
each side of the spacecraft, are the 5N thrusters used for
attitude control. Opposing 5N thrusters are used for
spin rate control while pairs on the same side of the
spacecraft are used for spin axis precession and nutation
control.

The Orbit Raising Phase
The SRM is jettisoned a few minutes after the SRM
burn, leaving the spacecraft spinning at 60 rpm and
pointing somewhere near the Sun. At this spin rate both
the radial (spin rate sensing) and axial (nutation
sensing) accelerometers are saturated. So the first
operation following spacecraft acquisition and a cursory
checkout is to spin the spacecraft down to 22 rpm, the
spin rate at which it will perform its hydrazine burns.
At spin rates higher than 22 rpm the attitude sensors are
saturated and provide no telemetry for controlling the
burn. At spin rates less than 22 rpm the thruster force
pushes propellant away from the outlet port of the
propellant tanks. The propellant tanks are configured
without a propellant management device (PMD)
because a PMD can act to increase nutation in a minor
axis spinner, possibly affecting the SRM burn. Once the
SRM is gone and the spacecraft is a major axis spinner,
the lack of PMD means that the spacecraft is counting
Tyler
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Figure 20: Spin Axis Re-Pointing Results in FullSky Image in 6 Months

Figure 18: IBEX Thruster Layout
Once the spacecraft is at 4 rpm, a maneuver is
performed to turn the spacecraft toward the Sun and the
nominal mission is ready to begin. At this point, the
mission becomes very simple. The two payload sensors
are pointed out radially and sweep out a swath of the
sky as the spacecraft spins. The same attitude is
maintained throughout the orbit, which lasts
approximately 8 days for an orbit with a 50 RE apogee
altitude. Then, at the beginning of the next orbit, a
precession maneuver is performed to re-point the spin
axis to the vector that will be the Sun vector at the next
apogee, such that at perigee (where the maneuver is
performed) the Sun is 4 deg off the solar array in one
direction, at apogee the Sun is right on the solar array,
and at the following perigee the Sun is 4 deg off the
solar array in the opposite direction. Thus, by
performing this one simple maneuver each orbit, IBEX
accumulates a full sky image over the course of six
months. Figure 19 and Figure 20, which are very much
not to scale, illustrate this concept.

This simple approach is maintained throughout the rest
of the mission. Science data is collected at higher
altitudes (>10 RE) where the spacecraft is generally
above the magnetosphere. The spin axis is re-pointed
and the science data is downlinked to the ground at
lower altitudes (<10 RE) where the spacecraft is close
enough to Earth to close a high rate link. IBEX
downlinks a single orbit worth of science data in a
single 30-minute ground pass at a 320 kbps data rate.
The only potential interruption would come in the form
of a maintenance maneuver. If the ground determines
that a maintenance maneuver is required to avoid a long
eclipse or lunar close approach then it would be
scheduled as needed. In order to perform such a
maneuver, a precession maneuver is required to re-point
the spin axis in the proper direction for the burn. It is
greatly preferred to wait to perform such a maneuver at
a time of year when the Sun can be maintained within
45 deg of the solar array while a delta-V burn is
performed with either the forward or aft delta-V
thruster. After re-pointing to the proper direction for the
burn, the spacecraft must spin up to 22 rpm, then
perform the burn, then spin back down to 4 rpm, and
finally re-point to the Sun before resuming the science
mission.
LOOKING AHEAD
As pointed out by McComas et al.3, the IBEX mission
design approach has opened the door for a wide array of
inexpensive Pegasus-class missions to reach high
energy orbits. The current IBEX system could reach
Earth escape velocity and still have a mean of around
280 m/s of delta-V to spare. This approach could work
in missions to lunar orbit, Earth-moon libration points,
or other high energy applications.

Figure 19: Re-Pointing the Spin Axis
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Even though, in the end, mass ended up being a
manageable commodity for IBEX, any mission
following in the IBEX footsteps would immediately
find mass to be the critical resource. First of all, while
the IBEX team did quite well in terms of managing
mass budget, any newly proposed mission would need
to show significant mass margin, typically at least 20%30%, in order to get funding for flight.

Carl Hubert of Hubert Astronautics and Jim Bobbett
and Sam Vaughn of Orbital were instrumental in
developing the very detailed end-to-end model of spinup, launch vehicle and adapter cone separations, and
SRM burn dynamics.

Furthermore, the simplicity of the IBEX mission really
made it possible to have a low-mass spacecraft. The
payload is fairly small (<20 kg). The power demand is
also quite small, and being able to perform its mission
while always pointing at the Sun enables the use of a
body-mounted solar array. A similar mission that
required more power or needed to point elsewhere
would likely not be able to use a body-mounted solar
array. Any sort of deployable solar array would take
more mass and require more propellant for attitude
control due to higher spacecraft moments of inertia.
The simplicity of attitude control for a Sun-pointed
spinner also saves mass; not counting propellant, the
attitude control system is less than 5 kg. A mission that
requires 3-axis stabilization with reaction wheels would
require a heavier attitude control system. Any mission
that does not maintain a relatively low perigee or
accumulates more than IBEX’s relatively modest data
quantity could very well need a higher-gain antenna or
higher-power transmitter in order to close the downlink,
which would add mass.
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However, there is clearly a class of missions that can fit
within these mass constraints. The IBEX mission serves
as a trailblazer for a potentially wide array of small,
simple payloads that need a ride to a high-energy orbit.
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